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Ablative Pulsed Plasma Thrusters (APPTs) were the first Electric Propulsion (EP) 
devices ever to be flown onboard an actual spacecraft, and continue to be used to-
day in missions were simplicity, robustness and scalability to different power levels 
are dominant requirements. Therefore, they find a natural niche of application in 
SmallSat missions, where mass, volume and onboard power are at a premium, in 
spite of their low overall efficiency and not fully understood physical operating princi-
ples. Works by many authors have reviewed and analyzed APPTs, yielding formulas 
that can be used for preliminary design purposes. Such relations take the general 
form of power laws with coefficients depending, mainly, on the thruster configuration 
and, to some extent, on the range of discharge energy values. Whereas in previous 
papers new correlations of experimental data were proposed with focus on small, 
low-power applications, now special attention is given to high-energy devices. These 
will be useful for the design of high-efficiency APPT propulsion systems, which are 
going to find wide application in the growing market of micro and nanosatellites for 
increasingly ambitious missions. In fact, while APPTs have drawn renewed attention 
from the international space community after a long hiatus, this has been generally 
limited, until now, to low V, low total impulse missions. In this paper, we investigate 
the possibility of performing high-energy (a shorthand for high v, high total impulse) 
missions, such as orbit raising or even deep-space missions, for example LEO (Low 
Earth Orbit)-to-LLO (Low Lunar Orbit) transfer, using APPTs onboard small space-
craft. The design of such missions is far from trivial, as the high specific impulse val-
ues that seem desirable to obtain a high payload ratio are generally obtained at the 
 expense of impulse bit (the impulse produced at each pulse) vs discharge energy. 
This implies a high number of shots, which could strain the capacitor capabilities, or 
high values of discharge energy, which would increase capacitor weight and, due to 
power limitations onboard a small spacecraft, imply low firing frequencies and conse-
quently increased mission times. This type of missions with APPT-propelled small 
spacecraft have been, until recently, outside of the realm of possibilities, because of 
the weight of the capacitors that would be needed. With recently developed superca-
pacitors, currently in the process of space qualification, they now become possible, 
due to highly improved energy densities. This opens a wealth of applications, includ-
ing ambitious missions on string budgets, as those generally available in academic 
institutions and developing countries. This paper presents a preliminary study of a 
potential use of an APPT as a simple and robust primary propulsion system for such 
low-budget high-energy missions. Scaling laws based on data available in the litera-
ture were employed. As APPTs in the kJ-energy level, as the one being proposed 
here, were never actually tested, though, a deeper analysis will be necessary before 
their use can be recommended. 
1. Introduction 
Pulsed Plasma Thrusters (PPTs), and in particular Ablative Pulsed Plasma 
Thrusters (APPTs) were the first Electric Propulsion (EP) devices ever to be flown 
onboard an actual spacecraft [1], and continue to be used today in missions were 
simplicity, robustness and scalability to different power levels are dominant require-
ments. Therefore, they find a natural niche of application in small satellite (SmallSat – 
a satellite with a mass below 500 kg) missions, where mass, volume and onboard 
power are at a premium, in spite of their low overall efficiency and not fully under-
stood physical operating principles [1]. 
Whereas APPTs have drawn renewed attention from the international space 
community after a long hiatus, this has been generally limited to low-energy, a com-
mon shorthand for low v, low total impulse (Itot) missions. In recent papers, we in-
vestigated instead the possibility of performing high-energy (high v, high total im-
pulse) missions, such as orbit raising or even deep space missions, using APPTs 
onboard small spacecraft [2-4]. The design of such missions is far from trivial, as the 
high specific impulse (Isp) values that seem desirable to obtain a high payload ratio 
are generally obtained at the expense of the impulse produced at each pulse, or im-
pulse bit (Ibit), vs discharge energy (E) ratio (thrust to power ratio). This implies a high 
number of shots, which could strain the capacitor capabilities, or high values of dis-
charge energy, which would increase capacitor weight and, due to power limitations 
onboard a small spacecraft, imply low firing frequencies and consequently increased 
mission times. Historically, low power availability onboard spacecraft has limited the 
scope and applicability of electric propulsion, and low energy density of capacitors 
has seriously hindered the use of APPTs on many ambitious missions.  
2. The Ablative Pulsed Plasma Thruster 
Between the many EP concepts devised so far, the APPT is one of the most sim-
ple, reliable and trusted propulsion systems ever made, using a solid polymer as 
propellant. This is usually Teflon®, commercial name for Polytetrafluoroethylene 
(PTFE), but other polymers have been used [5-8]. The basic operation idea of the 
APPT is based on an electronic circuitry that stores energy in a capacitor bank and 
cyclically discharges it producing pulsed high voltage arcs (some thousands of volts) 
 on the surface of the propellant bar, causing its vaporization, dissociation (known as 
the ablation process) and ionization. The resulting gas is accelerated partly by the 
Lorentz force and partly thermally, resulting in the generation of thrust [1]. An APPT 
schematic and an idealized representation of its discharge configuration, showing the 
electromagnetic thrust generation mechanism, are shown in Fig. 1 [9]. 
Figure 1: APPT schematic and idealized representation [9]. 
 
 The electromagnetic thrust is given by the integration of the axial component of the 
Lorentz force density, which is the vector product of the current density j and the self-
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over the volume of the plasma [1], as shown in Fig. 1 [9], where the current is the ac-
tual electron flux, as opposed to the conventional one. 
 Because of its simplicity, this was among the first types of electric thrusters to be 
developed and tested, both in the former Soviet Union and, later, in the United 
States. In 1964 it became also the first EP system to actually be flown on a space-
craft, the Soviet probe Zond 2, on an unsuccessful (for reasons unrelated to the AP-
 PTs) mission to Mars, shortly before an ion thruster was sent into a suborbital flight 
aboard the SERT 1 spacecraft by the United States [1]. 
 Despite their relatively low efficiency, generally below 10% [1], APPTs have been 
employed because of their outstanding reliability. The absence of tanks, piping and 
moving parts in general makes them very little prone to malfunctioning and failure, 
while at the same time easy to scale down to low power levels. This caused a resur-
gence of interest in APPTs in the 1990s [10, 11] and has made them even more at-
tractive in recent years, as increasingly smaller satellites, down to CubeSat [12] size 
(10×10×10 cm), have been built and launched. 
 Several problems, in particular carbonization and late time ablation, with a large 
fraction of the mass being exhausted at essentially thermal speeds, thus lowering 
specific impulse and efficiency, remain unresolved, notwithstanding decades of ex-
perimental research and numerical/analytical modeling [1]. 
3. Scaling Laws from Correlations of Experimental Data 
 Works by many authors have reviewed and analyzed APPTs [1, 10, 11, 13-20], 
proposing mechanisms of operation and correlations between geometry, operating 
parameters and performance characteristics, yielding formulas that can be used for 
preliminary design purposes. The main of the above-mentioned formulas relate Ibit 
with E and Isp with the ratio E/A, discharge energy per unit propellant area (A), intend-
ed as the wetted area, the area of propellant that is exposed to the discharge. Such 
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The coefficients , ,  and  in Eqs. (2) and (3) depend, mainly, on the thruster con-
figuration and, to some extent, on the range of discharge energy values. Impulse bit, 
in particular, has been commonly assumed as proportional to discharge energy for a 
long time. The validity of this assumption has, however, been challenged in more re-
cent papers, especially over wide energy ranges and at the very low end of the dis-
charge energy spectrum, as data reviews were updated [16-18, 20]. Whereas for such 
low energies a general degradation of performance is observed, with values of the 
thrust to power ratio sensibly lower than those observed at higher energy levels and a 
considerable data spread, at high discharge energies the proportionality of Ibit to E is 
well verified, and high values of Isp are observed. This suggests a thrust production 
mechanism predominantly electromagnetic at high values of E, as expected, with an 
electrothermal component becoming increasingly important at lower energies. Some 
experimental investigations have suggested that the data spread could be caused by 
a strong dependence of performance (impulse bit and specific impulse) on thruster 
design, and in particular on electrode geometry [17-21]. 
 Different APPT discharge configurations have been adopted in the past decades 
[1]. One of the most common is the breech-fed configuration, basically consisting of a 
slab of PTFE propellant sandwiched between two parallel electrodes. It is shown in 
Fig. 2 [18], together with other configurations, either used or proposed. In the current 
analysis, we will employ a breech-fed APPT. 
  
Figure 2: Various APPT discharge configurations [18]. 
 
 New correlations of experimental data have been proposed in previous papers, in 
various discharge energy ranges [16-18, 20]. Examples of such correlations are 
shown in Figs. 3 and 4 for a breech-fed configuration. 
Figure 3: Impulse bit as a function of discharge energy [18]. 
 
 From an inspection of the plot in Fig. 3 appears clearly that the impulse bit increas-
es with increasing discharge energy and that this relation is approximately linear, es-
pecially at high energies. From the plot in Fig. 4, in turn, it can be seen that the specif-
ic impulse increases with increasing discharge energy per unit propellant wetted area, 
 with a relation that may be roughly approximated by a square-root function. 
Figure 4: Specific impulse as a function of discharge energy per unit propellant 
wetted area [18]. 
 
 These formulas will be useful for the design of higher-efficiency APPT propulsion 
systems, which are going to find increasingly wider application in the growing market 
of micro, nano and picosatellites [22-26]. In this paper, we pay special attention to 
high-energy devices. It must be stressed that relations of the types (2) and (3), inter-
polations of experimental data, are only good guidelines for a preliminary, concept 
design. The development of actual thrusters will require an extensive experimental 
campaign. At the beginning, scaled-down models will be used to explore fundamental 
issues at a lower cost and without requiring large facilities. A high-vacuum chamber 
(0.75 m diameter, 1.25 m length) has been recently installed in the Advanced Space 
Propulsion Laboratory (ASPLab) at the University of Brasília (UnB) Gama Campus, 
Aerospace Engineering [27]. Equipped with a 2000 l/s turbomolecular pump, it is well 
suited to such experiments. 
4. Preliminary APPT Concept Design Procedure for a Sample Mission 
The two main parameters used to characterize a given mission arev and total 
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If the specific impulse is sufficiently high, compared to the v, such relation can be 




   (7) 
 
In other words, high values of Isp imply low values of propellant mass, negligible 
compared to the total spacecraft mass, which can then be assumed constant. v and 
total impulse become, in such cases, proportional to each other. In order for the dif-
ference between the value calculated using Eq. (6) and that using Eq. (7) to be negli-
gible, say less than 5%, the value of the ratio v/gIsp has to be less than 0.1. While 
such values could be easily achieved for low-energy missions using electric propul-
sion as in [16], where Eq. (7) is used, this will not generally be the case for medium-
to-high-energy missions unless very high Isp thrusters, like Gridded Ion Engines 
(GIEs) or Field Emission Electric Propulsion (FEEP), are employed. The use of Eq. 
(6) is, therefore, generally preferable when high-energy missions are being analyzed, 
even using EP, as in the present case. Here, the feasibility of certain classes of high-
energy missions, within the constraints of a small, and especially of a micro (<100 kg 
mass) spacecraft, is explored in the light of the latest developments in APPT and ca-
pacitor technology. 
Let us consider, for example, a low-thrust transfer from LEO to LLO, with a v of 
about 8 km/s [2-4]. Such a mission will severely strain the capabilities of a small 
spacecraft using APPTs. If we adopt conservative values for the various parameters, 
using state-of-the-art technology, it is easily seen, with an analysis of the type con-
ducted in [16, 18], that we cannot respect all the constraints. 
The key, in order to conduct high v missions with this kind of spacecraft, is to use 
extrapolation values to near-term technology, especially as concerns capacitors, both 
for energy density and maximum number of discharges. This will allow us to limit the 
capacitor mass to an acceptable fraction of the total mass. 
Another very important term, in the total mass budget, is the propellant mass. In 
order to keep this down, we have to work with high values of specific impulse, higher, 
in general, than those commonly used in APPTs. 
Let us consider a spacecraft with a total initial mass of about 16 kg, as in the case 
of a 12U CubeSat platform at the upper limit of its allowed mass [12], and examine 
different preliminary concept design options. It is to be noted that this is actually a re-
alistic scenario, as 12U CubeSat deployers are commercially available [29]. 
Case 1 
With an Isp of 2000 s, we see from Eq. (5) that the propellant mass will be 33% of 
the initial mass, 5.3 kg. While this value may seem somewhat high, it is still accepta-
ble for an EP technology demonstrator, and much lower than what we would get by 
using chemical propulsion. 
By calculating the total impulse with Eq. (6) and dividing by the total number of 
pulses, we obtain the impulse bit needed and, from this, the discharge energy, using 
an empirical relation of the form (2). From the discharge energy, we then calculate 
 the capacitor mass, using appropriate values of energy density. From Eq. (6), we 
calculate a total impulse of 105 kNs. By assuming our capacitors can withstand one 
million pulses, we thus have for Ibit a value of 105 mNs. Then, by using the value for 
Ibit/E of Fig. 3 (breech-fed configuration), which we can approximate, for high ener-
gies, as 18 Ns/J, we calculate a value for E of 5.8 kJ. If we adopt a value of energy 
density of 10 kJ/kg, we obtain a capacitor mass of just about 0.6 kg. Such a value for 
energy density is much higher than space-tested technology, but quite conservative if 
we consider some types of recently developed supercapacitors [30, 31]. These de-
vices are currently undergoing space qualification, and have already been tested for 
over a million cycles. 
For what concerns the design of the APPT itself, from the relation type (3) reported 
in Fig. 4, we have that a discharge energy of 5.8 kJ and a specific impulse of 2000 s 
yield a wetted area of about 390 cm2. Our APPT would then be a big device, for ex-
ample with 26 cm wide electrodes distanced by 15 cm. With a density of 2.2 g/cm3 
for PTFE, we then obtain for the propellant bar a volume of about 2400 cm3 and a 
length of only 6.5 cm, to provide the total impulse needed for the mission with a good 
safety margin. This may not be a practical design as such dimensions would be quite 
awkward to fit in a 12U CubeSat platform. In addition to this, a 15-cm gap would 
probably make discharge breakdown rather difficult to initiate. 
Case 2 
Let us now try a higher value for Isp in order to improve our system design. With an 
Isp of 3000 s, from Eq. (5) we calculate a propellant mass fraction of 0.24, that is, just 
3.8 kg of PTFE. From Eq. (6), we then calculate a total impulse of 112 kNs. Still as-
suming a conservative one million-pulse operation, we have for Ibit a value of 112 
mNs and, from the relation in Fig. 3, a value of 6.2 kJ for E. Now the total capacitor 
mass is still about 0.6 kg, and from Fig. 4 we can estimate, for an Isp of 3000 s, a wet-
ted area of about 180 cm2. This would correspond, for example, to 18 cm wide elec-
trodes distanced by 10 cm. The length of our PTFE propellant bar would be just 10 
cm, with a safety margin. Such dimensions could be accommodated more easily in 
our small spacecraft envelope, even if the gap width would still be quite high. 
From the examples above it is quite clear that, due to large increases in energy 
densities, the capacitor mass is not such a driving factor in the overall mass budget 
any longer, as it still used to be only a couple of decades ago [16]. Also, the values of 
E that we have been using lie outside of the range reported in Fig. 3. Yet, the good 
linearity of the relation, especially at high energies, allows us to confidently extrapo-
late and use a constant value of 18 µNs/J for Ibit/E, significant deviation from this val-
ue having been noticed, instead, at low energy levels [18]. As for the relation shown 
in Fig. 4, we notice a high spread of experimental data points at low values of E/A, 
with the actual data points at high values of E/A significantly higher than the interpo-
lation curve. We can thus make a point for using the actual experimental data in that 
region, instead of the interpolation, which is weighted down by many data points at 
low energies per unit area. 
Case 3 
Let us consider, therefore, the case of an essentially electromagnetic thruster, with 
a high Isp of 4000 s, and assume that such an Isp would correspond more closely to a 
value of E/A of 45, from the data points in Fig. 4. In this case, from Eq. (5), we see 
that the propellant mass is further reduced, to a mere 18% of the initial mass, corre-
sponding to just 2.9 kg of PTFE. Now, from Eq. (6) we calculate a total impulse, for 
our mission, of 115 kNs. Still assuming a conservative one million-pulse operation, 
we have for Ibit a value of 115 mNs and, from the relation in Fig. 3, a value of 6.4 kJ 
for E. The total capacitor mass is still just about 0.65 kg, and from Fig. 4 we can es-
 timate, for an Isp of 4000 s, a wetted area of about 140 cm2. Remembering that we 
have been quite conservative in this case, by just using our data points instead of the 
interpolating curve, and that our relations are just useful tools for preliminary design, 
we could try a value of E/A between 50 and 55 and see if we still obtain an Isp close 
to 4000 s. By reducing the propellant area exposed to the discharge (wetted), for the 
same energy, we should increase electromagnetic acceleration and Isp, arguably. 
With this type of assumption, we can estimate a wetted propellant area of just over 
120 cm2. We now have a flat slab of PTFE, with 19-cm wide electrodes, separated by 
a 6.5-cm gap, as a propellant bar. With a PTFE density of 2.2 g/cm3, our slab will 
have to be 11 cm long, with a mission safety margin. The smaller gap would facilitate 
breakdown, and the APPT would easily fit in our platform envelope, on the smaller 
(20×20 cm) side. 
As for the total mission time, if we assume an onboard power available for propul-
sion of 120 W, unusual in very small spacecraft, but achievable with deployable solar 
panels, by operating at 6-kJ discharge energies we are limited to pulse frequencies 
of about 0.02 Hz. With one million pulses, this yields a minimum total mission time of 
about 580 days, a little more than 19 months, assuming continuous, uninterrupted 
thrusting. This may seem long, but is quite acceptable for a technology demonstrator 
with a very low cost, as in this case. 
The mass of the power conditioner can be assumed, as a first approximation, pro-
portional to the power. Values of 20 years ago for this proportionality coefficient, of 
about 0.01 kg/W [16], are nowadays very conservative, so we can safely assume that 
this subsystem will have a mass of no more than 1 kg. In order to assess the total 
mass of our propulsion system, we have to add the mass of the electrodes, of the 
discharge initiating circuit and of various structural and packaging components. 
These can also be estimated, as a first approximation, using proportionality coeffi-
cients. Again, progress has been made in the last two decades, but we will be con-
servative, by using the values reported in [16], which ought to give us significant 
safety margins, thus estimating our total system mass at about 7 kg. This would 
leave approximately 9 kg for the other subsystems, like the ADCS, and the payload. 
The whole propulsion subsystem could therefore nearly fit in a 4U CubeSat enve-
lope, occupying just over a third of our 12U CubeSat. An artist rendition of the space-
craft, with the solar panels fully unfolded, is shown in Fig. 5, with deployable anten-
nas included for completeness. 
The deployable array configuration shown in Fig. 5 has a total area just below one 
m2. Even just using commercial, off-the-shelf components, it could easily provide an 
average power above 120 W [32]. It is important to note that, in case such a configu-
ration proved difficult to fit in our concept design, reducing the array total area and 
hence the available power would only entail decreasing the pulse frequency, corre-
spondingly increasing the total mission time. 
 Figure 5: Artist rendition of the spacecraft. 
5. Discussion 
As already said, relations of the types (2) and (3) are only good guidelines for pre-
liminary design, and the development of actual thrusters will require experimental 
testing. At the beginning, scaled-down models will be used to explore fundamental 
issues at a lower cost and without requiring large facilities. A device operating at en-
ergies around 100 J is expected to produce an Ibit of about 1.8 mNs. If the wetted ar-
ea is reduced in proportion, to about 2 cm2, such a device ought to operate at values 
of Isp close to 4000 s, similar to those of the large devices we have been proposing in 
this paper, and could be easily tested inside the high-vacuum facility installed in the 
Advanced Space Propulsion Laboratory [27]. 
Different electrode gap widths will be explored, in order to study the discharge 
breakdown phenomenon. A spark plug mechanism has been routinely employed to 
initiate APPT discharges, as generally voltages much higher than those used to 
charge the capacitors are required for breakdown. If such a mechanism could be 
eliminated, in favor of simpler discharge initiation methods, APPTs would become 
even more attractive, from a system-engineering point of view. A major issue with the 
use of supercapacitors with APPTs is that, while their high energy density makes 
then attractive, enabling mission that would be impossible with more traditional ca-
pacitors, their low voltage rating [30, 31] would require complex circuitry to make 
breakdown possible. Connecting many cells in a series to get a higher voltage would, 
of course, put a lower constraint on the capacitor mass, connected with the size of 
each cell, and limit the concept usability on very small spacecraft. Therefore, much 
further analysis is required. 
 Another possible candidate for the concept design of a high-energy, high Isp APPT 
is the Two-Stage Pulsed Plasma Thruster (TS-PPT), described in [9, 33, 34], as it 
can impart an arbitrary amount of energy in the second stage to increase the specific 
impulse. A schematic of this device is shown in Fig. 6 [34]. 
Figure 6: Schematic of the Two-Stage Pulsed Plasma Thruster (TS-PPT) [34]. 
 
Preliminary work has been able to achieve values of Isp up to 4000 s with regular 
capacitors [35]. A photo of a second-generation TS-PPT, testing energy distribution 
amongst the two stages in vacuum, is shown in Fig. 7 [35]. 
Figure 7: Testing of the Two-Stage Pulsed Plasma Thruster (TS-PPT) [35]. 
 
In a possible TS-PPT high-energy configuration, the first stage would act as a trig-
ger to the second stage, where supercapacitors could be discharged. Currently the 
TS-PPT is scheduled for characterization testing in a larger high-vacuum facility at 
the Electric Space Propulsion Laboratory, part of the Combustion and Propulsion La-
boratory of the National Institute for Space Research (LABCP/INPE) in 2019. The 
use of supercapacitors with the TS-PPT could greatly simplify the circuitry and possi-
bly make its use viable. More importantly, it could even further increase its Isp. As of 
now, research and development is underway to reach a candidate configuration for a 
high-energy APPT. The preliminary work described in this paper represents a seed in 
that direction. 
  Anticipating possible difficulties with achieving repeatable ignition and discharge 
conditions using the proposed electrode gaps, the propulsion system could be modi-
fied from a monolithic APPT to a set of independent discharge chambers of a more 
typical size. We could actually have separated APPT modules, each with its own ca-
pacitor bank, only sharing, for maximum integration and system optimization, the 
same power conditioning system. By inspecting Eqs. (2) and (3) we see that, for ex-
ample, the same performance could be attained by splitting the discharge energy in 
half, into two discharge chambers with the same propellant wetted area. The total 
capacitor mass would be unchanged, as it is proportional to the total energy. This 
multi-discharge chamber configuration could be advantageous from the development 
effort point of view, as smaller, more traditional devices would be needed, and from 
the system point of view, as multiple off-centered APPTs could be used for attitude 
control and reaction wheel desaturation. In this way, a certain level of redundancy 
could also be added. An artist rendition of our 12U CubeSat using two APPTs with 
halved electrode gaps, which could facilitate breakdown, is shown in Fig. 8. 
Figure 8: Artist rendition of the spacecraft using two identical APPTs. 
 
As this scenario would increase the complexity of the system, a detailed tradeoff 
analysis becomes necessary to assess the cost/benefit of this design choice. 
It is important to stress again that what is presented here is not actually a prelimi-
nary mission design, and that Figs. 5 and 8 are just, strictly speaking, artist renditions 
of a concept, a merely initial study for the application and possible use of prospective 
high-energy APPTs employing supercapacitors, assuming that all technical challeng-
es can be overcome. 
6. Conclusions 
High-energy missions with APPT-propelled small spacecraft have been, until re-
cently, outside of the realm of possibilities, because of the weight of the capacitors 
that would be needed. With recently developed supercapacitors, currently in the pro-
cess of space qualification, they now become possible, due to highly improved (or-
ders of magnitude) energy densities. This opens a wealth of applications, like orbit 
raising and deep-space missions on a string budget, as generally available in aca-
 demic institutions and developing countries. 
Interpolations of experimental data from the literature can be used as effective 
guidelines for preliminary APPT design, but extensive experimental testing is needed 
in order to improve efficiency and confirm the validity of scaling these devices up to 
higher energy levels. Much research and development effort will also be needed to 
address the issue of discharge initiation, especially with low-voltage supercapacitors, 
while trying to preserve overall system simplicity and robustness, which are the most 
attractive characteristics of these devices. 
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